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Optimal Low-Thrust Interception of Earth-Crossing Asteroids

Bruce A. Conway¤

University of Illinois at Urbana–Champaign, Urbana, Illinois 61801

The spectacular collision of the Shoemaker–Levy 9 asteroid with Jupiter in July 1994 was a dramatic reminder
of the inevitability of such catastrophes in the Earth’s future unless steps are taken to develop methods for Earth-
approaching object detection and possible interdiction. In this work, optimal (minimum-time) trajectories are
determined for the interception of asteroids that pose a threat of collision with the Earth. An impulsive-thrust
escape from the Earth is used initially to reduce � ight time but is followed with continuous low-thrust propulsion
using values of thrust and speci� c impulse representative of electric motors. The continuous optimization problem
is formulatedas a nonlinearprogrammingproblem using the collocationmethod in which the differential equations
of motion are included as nonlinear constraint equations. The use of low-thrust propulsion after Earth escape is
shown to dramatically decrease the mass of the interceptor vehicle at launch.

Introduction

T HE spectacular collision of the Shoemaker–Levy 9 asteroid
with Jupiter in July 1994 was a dramatic reminder of the fact

that the Earth has experiencedand will continue to experience such
catastrophic events. Although the frequency of such massive colli-
sions is very low, smaller objects collide with the Earth regularly
and do damage that would be intolerable in any populated region.
As an example, the Tunguska (Siberia) event of 1908 is estimated to
have involved a 60-m object explodingat a height of 8 km and pro-
duceddevastationover an area almost the same as that devastatedby
the eruptionof Mount St. Helens.1 The famous 1-km Meteor Crater
in Arizona was made by the impact of an even smaller body only
30 m in diameter.2 Human casualties due to direct meteorite strikes
are rare but known.3 The greater danger is due to the fact that the
time between large impacts, such as the Tunguska impact, which
released tens of megatons of TNT equivalent energy, is signi� cant
compared with a human lifetime, and there is a small chance that
any impact will be in a populated area. The relative scarcity of such
areas on the Earth may not offer the protection one might think as
recent calculationssuggest that largerbodiesmight do more damage
if they did not hit land; predictionsshow that an impact anywhere in
the Atlantic Ocean by a 400-m asteroid would devastate the (well-
populated) coasts on both sides of the ocean with tsunamis over 60
m high.4 A consensus is developingthat although the probabilityfor
collision is low, the potential for destruction is immense, and thus
some resources should be devoted to threat detection and possible
interdiction.

The population of Earth-crossing objects is signi� cant and con-
tinuously increasing by virtue of discovery.As of 1994, 163 Earth-
crossing asteroids are known,5 the largest being 1627 Ivar with a
dimension of »8 km and mass of »1015 kg. (For comparison, the
K/T or Cretaceous/Tertiaryboundaryimpactof 65millionyearsago,
which left a »200 km crater, releasing an estimated 108 megatons
equivalentenergy in the Gulf of Mexico,would havebeen causedby
a body »10 km in size.) The census of Earth-approachingasteroids
is believed to be complete only for objects of Ivar’s size; for bodies
on theorderof»1 km, the completenessof the censusis estimatedto
be only »10%,basedon the rate at which such objectscontinueto be
discovered.5 Twenty-six active Earth-crossing periodic comets are
known, and they are similarly estimated to be 5–10% of the actual
population.Two extinct Earth-crossingperiodic comets are known,
and because these are much more dif� cult to discover than active
comets or large asteroids, it is estimated that there may be 10–20
extinct comets for each active comet. For the bodies whose orbits
are accurately known, future close approaches can be determined.
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Table 1 is a partial list of comets and asteroids that will approach to
within eight lunar distances in the next century.

Of course, it is the preventionof a catastrophicimpact with which
this paper is concerned. The dangerous object must be intercepted,
at the earliest possible time, and then de� ected or destroyed. This
paper is not concernedwith how the latter is accomplished;one strat-
egy may be to detonate a large nuclear weapon near the surface of
the asteroidor comet. In this work, optimal trajectoriesfor the inter-
ception of dangerous asteroids are found. Low-thrust, high speci� c
impulse propulsion is used because of the signi� cant advantages it
provides in propulsivemass required for a given mission. However,
a low-thrust departure from Earth would require many revolutions
of theEarth, which would consumea lot of time. It seems reasonable
then to use an impulsive velocity change for the initial departure,
followed by continuous low-thrust propulsion.

The analysis is necessarily three-dimensional as many of the
Earth-crossing asteroids have signi� cant inclinations. However, it
simpli� es the analysis to assume that, before the application of the
departure impulse, the interceptingvehicle is in a low Earth circular
orbit that lies in the ecliptic plane. The magnitude of this departure
impulse is something that might in real life depend on the target
and/or the capabilityof the launch vehicle. For this work, the depar-
tureimpulsechosenis lessthanor equalinmagnitudeto that required
for the most commonly employed interplanetarytrajectory, i.e., the
impulse requiredfor escape from the Earth onto a Hohmann transfer
ellipse to Mars, which yields a hyperbolic excess velocity (v1=E /
of 2.94 km/s. The optimizer may choose the point in the initial low
Earth orbit fromwhich to begin thedeparture.It may also choose the
direction in which it is applied via in-plane and out-of-plane thrust
pointing angles. The Earth is assumed to be in a circular orbit about
the sun, and its true longitude on the departure date is found using
the ephemeris program MICA from the U.S. Naval Observatory.6

Speci� c impulse for the low-thrust motor is chosen from a range of
values (2000–4000 s) representativeof current technology.

Method
The variational equations used are those for the equinoctial ele-

ments. This avoids singularity of the elements for circular or equa-
torial orbits. The equinoctial elements and their relationship to the
conventionalelements are7

a D a; P1 D e sin Q!; P2 D e cos Q!

Q1 D tan.i=2/ sin Ä; Q2 D tan.i=2/ cosÄ (1)
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In these variables the variational equations become7
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h D angular momentum; nab
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The control variables in the problemare the thrust pointingangles ¯
and ° . Angle ¯ is the in-plane thrust pointing angle; it is measured
from the normal to the radiusvectorand is a positiveangle if it yields
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a componentof thrust pointing radiallyoutward.Angle ° is the out-
of-plane thrust pointing angle. It is positive if it yields a component
of thrust in the direction of the orbital angular momentum.

The true longitude L is obtained from the mean longitude ` by
� rst solving Kepler’s equation in equinoctial variables,7

` D K C P1 cos K ¡ P2 sin K (5)

for the eccentric longitude K . Then the ratio r=a may be found as

r=a D 1 ¡ P1 sin K ¡ P2 cos K (6)

The functions of eccentric longitude appearing in the variational
equations are then determined as7
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The thrust acceleration F varies as propellant is consumed; assum-
ing a constant thrust motor,
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where g is the acceleration of gravity at the Earth’s surface, c is
the motor exhaust velocity, and Isp is the motor speci� c impulse (in
seconds).

The problem is then to choose the time history of the thrust point-
ing angles ¯ and ° to minimize the performance index, which is
the time of � ight, subject to satisfaction of the system variational
equations (3), the system initial condition constraints

.a; P1; P2; Q1; Q2; `/

satisfying (at t D 0)

Nr D NrE ; Nv D NvE C Nv1=E (9)

(where NrE and NvE represent the position and velocity of the Earth,
and Nv1=E is the hyperbolic excess velocity of the spacecraft with
respect to the Earth), and the terminal constraint (of interception)

.a; P1; P2; Q1; Q2; `/

satisfying (at t D t� nal)

Nr D NrA (10)

where the subscripts E and A refer to the Earth and the asteroid,
respectively. The optimizer is free to choose two parameters that
do not explicitly appear in the variational equations; two pointing
angles,in-plane.¯0/ andout-of-(ecliptic)-plane.°0/ pointingangles
that describe the direction of Nv1=E following the impulsive 1v,
which allows the vehicle to escape from low-Earth orbit.

The initial condition constraints (9) yield the following six scalar
equations:
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Table 1 Partial list of predicted close approaches
of comets and asteroids to within 8 lunar distances

between 2001 and 2099

CA distance
Object Date (lunar distance)

2340 Hathor 10/21/2086 2.22
2340 Hathor 10/21/2069 2.58
4660 Nereus 2/14/2060 3.12
4179 Toutatis 9/29/2004 4.06
4581 Asclepius 3/24/2051 4.76
4660 Nereus 2/4/2071 5.82
1991 OA 7/13/2070 5.82
1990 OS 11/16/2053 7.69
3200 Phaeton 12/14/2093 7.73
4179 Toutatis 11/5/2069 7.73

where all unsubscriptedvariables and elements refer to the orbit of
the interceptor spacecraft, µE is the true longitude of the Earth, vE

is the circular velocity of the Earth, and all quantities are evaluated
at t D 0.

The terminal constraint (10) yields the following three scalar
equations:
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where all unsubscriptedvariables refer to the orbit of the interceptor
spacecraft and all quantities are evaluated at tFinal.

Numerical Optimization
The problemis solvedusing the method of direct collocationwith

nonlinear programming.8¡10 In this solution method, the continu-
ous problem is discretized by dividing the total time into segments
whose boundariesare termed the system nodes. Each state is known
only at discretepoints:at the nodesand, dependingon how the prob-
lem is formulated,at zero, one, or more points interior to a segment.
Perhaps the best known collocationmethod is that of Hargraves and
Paris,8 employed in their trajectory optimization program OTIS.
This version of the collocation method is both useful in itself and a
good introduction to the process of discretizing a continuous prob-
lem and optimizing via nonlinear programming. We assume that
the time history of the problem has been divided into N segments,
each of width 1ti . One such segment is shown in Fig. 1. We then
assume that the state within a segment is approximated by a cu-
bic polynomial (in time). The polynomial is uniquely determined
by the endpoint information available: the parameter values of the
states xi and xi C 1 and the system equation values fi .xi ; ui ; ti / and
fi C 1.xi C 1; u i C 1; ti C 1/; where the various u are control variables,
as shown in Fig. 1. It can be shown, using this cubic interpolant, that

xC D ¡ 1
2 .xi C xi C 1/ C .1ti=8/. fi ¡ fi C 1/ (13)

is an approximate value for x.tC ), where tC is the center time
.ti C 1 C ti /=2 and 1ti D ti C 1 ¡ ti . Similarly, it can be shown that
the � rst time derivative of the cubic interpolant, evaluated at tC , is

x 0
C D ¡.3=21ti /.xi ¡ xi C 1/ ¡ 1

4
. fi C fi C 1/ (14)

In the Hargraves and Paris method, x 0
C is equated to the system

equation evaluated at the center, i.e.,

x 0
C D fC .xC ; uC ; tC / (15)

Fig. 1 Origin of the Hermite–Simpson constraint equations.

This is illustrated in Fig. 1; x 0
C can be interpreted as the slope of

the cubic at its center while the numerical value of fC can also
be interpreted as a slope. If Eq. (15) is satis� ed, the two slopes
will be the same, i.e., the cubic interpolant will satisfy the system
differential equations at three points: the left and right nodes and
the center.

Substituting Eq. (14) in Eq. (15) and isolating xi C 1 yields

xi C 1 D xi C .1ti =6/[ fi C 4 fC C fi C 1] (16)

which is Simpson’s quadrature rule, which must be satis� ed for
each of the n scalar state variables in the state vector x for each
of the N segments into which the problem has been subdivided.
The optimizationproblem has thus been converted into a nonlinear
programming (NLP) problem; � nd the discrete states and controls
[x1; u1; x2; u2; : : : ; xN C 1; uN C 1] satisfying given initial and � nal
state boundary conditions and n ¢ N nonlinear constraint equations
of form (16). Of course there may be upper and lower bounds on all
of the state and control variables.

The preceding paragraphs describe just one elementary method
for convertinga continuousoptimizationprobleminto an NLP prob-
lem. There are many different ways of constructing the discretiza-
tion, but all require some kind of implicit integrationscheme, analo-
gous to that of Eq. (16), i.e., some means of ensuring that successive
valuesof the states closelyapproximate those that would result from
a forward integrationof the system equationsfor the given controls.
Herman11 and Herman and Conway10;12 have shown how the im-
plicit integration can be accomplished more accurately using con-
straints that are derived from integration rules of higher order than,
and hence having smaller truncation error than, Simpson’s rule. In
this work, a � fth-degree Gauss–Lobatto integration rule,

ti C 1

ti

f .t/ dt D 1ti
180

9 f .ti / C 49 f

³
tC ¡ 3

7
1ti

´

C 64 f .tC / C 49 f

³
tC C 3

7
1ti

´
C 9 f .ti C 1/ (17)

with an error functiondependingon .1ti /
9, as opposedto Simpson’s

rule, which has an error depending on .1ti /5, is used implicitly.
By analogy with the case for Simpson rule-derived constraints, the
constaintsthat result from using (implicitly) the � fth-degreeGauss–

Lobatto integration rule can be shown to be equivalent to approxi-
mating the statewithin the segmentbya � fth-degreepolynomial.Six
quantities are needed to determine this polynomial; they are chosen
to be xi ; fi ; xc; fc; xi C 1; fi C 1 [where xi D x.ti /; fi D f .ti ), etc.],
i.e., the values of the state and system equation at the left node,
center, and right node of the i th segment, as illustrated in Fig. 2.
Forcing the system differential equation to equal the slope of the
polynomial at the two internal collocation points

x1 D x t1 D tc ¡ 3
7 .1ti =2/

x2 D x t2 D tc C 3
7 .1ti =2/

(18)
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shown in Fig. 2 (rather than just the one, center point, in the method
usedbyHargravesand Paris), yieldstwo systemconstraintequations
per segment10¡12:

C5;1.xi C 1; xC ; xi C 1/ D 0 D 1
360

f.32
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¡ 64
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21 xC C .32
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p
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C 98 f2 C 64 fC C .9 C
p

21/ fi C 1]g
Note that the sum of these two constraint equations recovers the
original integration rule (17).

The optimizer is free to choose, for each segment, � ve control
variables; u i ; u1; uc; u2; u i C 1; i.e., the controls at the nodes and at
the collocation points (including the center collocation point), as
shown in Fig. 2. In this work the controls are free, i.e., there is no
relationshipspeci� ed between them as opposed to some collocation
strategies in which the control time history can be representedby a
polynomial or perhaps a linear function (in time). The discretized
problem becomes a nonlinear programming problem, as described
earlier for the case in which the implicit integration scheme is the
simpler Hermite–Simpson rule. The parameters are thus the state
variables (which are the six spacecraft orbit equinoctial variables
C the thrust accelerationmagnitude) at the nodes and center points
of the segments and the control variables (the two thrust pointing
angles) at the nodes, center point, and collocation points of each
segment. There are three additional NLP variables: the � nal time
t f and the in-plane .¯0/ and out-of-(ecliptic)-plane .°0/ pointing
angles that describe the direction of Nv1=E following the impulsive
1v that allows the vehicle to escape from low-Earth orbit. The
system nonlinear constraints are the defect equations (19), which
enforcesatisfactionof thedifferentialequations,the initialcondition
constraints (11), and the conditions for interception (12).

The NLP problem is solved using the program NZSOL, an im-
provedversionof theprogramNPSOL.13 For the two exampletrajec-
tories determined in the next section, 20 segments were used to dis-
cretize the trajectory, yielding an NLP problem with 452 variables.

Fig. 2 Origin of the � fth-
degree Gauss–Lobatto
constraint equations.

Fig. 3 Optimal trajectory for the interception of asteroid 1862 Apollo.

More segments could be used, but the results for the state and con-
trol variable time histories, presented in the next section, show that
all vary slowly and only over a small range, so that 20 segments
capture quite well the system time history. This program requires
an initial guess of the vector of parameters. The numerical opti-
mization method used here has been quite robust when applied to a
variety of orbit transfer problems.9¡12;14¡16 The method was found
to be less robust here than it has been for these other applications.
However, it has been the experience of this researcher that once
an initial guess that allows the optimizer to converge to an optimal
trajectory has been determined, even one that has quite different
initial and/or terminal conditions from the desired case, new opti-
mal trajectoriescan be obtained using the converged solution as the
new initial guess. Here the desired problem is solved by solving
a succession of problems in which the orbit elements of the target
asteroid of the existing solution are stepped toward those of the ac-
tual asteroid. As an example, for the � rst case described in the next
section, the interceptionof 1862 Apollo, which has an inclinationof
6.35 deg, the � rst convergedsolutionwas found for a � ctitious target
having zero inclination but an orbit of the same semimajor axis and
eccentricity.This is a signi� cantly easier problem to solve because
two of the seven state variables, i.e., all of the various Q1 and Q2,
are zero and can be set to zero in the optimizer. This solution was
then used as an initial guess for a new problem with an inclination
of 2 deg, which converged quickly, and the process continued until
the desired problem was solved.

Examples
Several optimal trajectories have been found for the intercep-

tion of actual Earth-crossing asteroids. The � rst asteroid consid-
ered, 1862 Apollo, is Earth crossing; i.e., it has a perihelion ra-
dius within 1 AU. Its orbit elements (on March 19, 1992) are a D
1:47113 AU, e D 0:56015; i D 6:35488 deg, Ä D 35:9564 deg,
! D 285:6046 deg, and M D 156:7634 deg (Ref. 5). Although
Earth crossing, 1862 Apollo is not Earth approaching because, for
the near future, the Earth is not near the ascending or descending
node of the asteroid orbit when the asteroid is there. To create a test
case with a target having at least the same orbit size, shape, and
inclinationof an Earth crosser, the longitudesof the ascendingnode
and perihelion and the epoch mean anomaly were changed so that
a near collision with the Earth would occur four months after the
epoch time. Because dimensionless units are used in this analysis,
i.e., ¹ D 1 and the length unit is 1 AU, one time unit (TU) is equal
to one year/2¼ so that four months D 2.101 TU.

An optimal trajectory has been found for the following initial
conditions: Finitial D 0:1 AU/TU2 D 6:04 ¢ 10¡5 g, Isp D 4000 s,
and v1=E D 0:0988 AU/TU D 2:942 km/s. This initial thrust ac-
celerationand speci� c impulse are representativeof current electric
propulsion technology.The hyperbolicexcess velocity,providedby
the chemical rocket motor at departure, is equal to what is required
for a Hohmann transfer to Mars, so that it also is representative of
current technology.

The optimal trajectory is shown in Fig. 3. Interception occurs
at 1.634 TU (approximately 95 days) after launch. The optimizer
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Fig. 4 History of the semimajor axis of the interceptor orbit shown in
Fig. 2.

Fig. 5 History of the eccentricity of the interceptor orbit shown in
Fig. 2.

Fig. 6 History of the inclinationof the interceptor orbit shown in Fig. 2.

Fig. 7 Illustrating the close approach of asteroid 1991 RB on Sept. 18, 1998.

chooses a direction for the v1=E vector through in-plane and out-
of-(ecliptic)-plane pointing angles of ¡36:61 and C11:80 deg, re-
spectively; i.e., the v1=E vector is chosen to point slightly above
the ecliptic plane with a small radially inward component. The � -
nal thrust accelerationis 0.1989, almost twice the initialmagnitude,
indicating that almost half of the initial mass of the intercepting
spacecraftmust be propellant.The semimajor axis, eccentricity,and
inclination of the interceptor orbit are shown in Figs. 4–6.

Optimal trajectories have also been found for the interception of
Earth-approachingasteroid1991RB.This asteroidhasa much larger
inclinationthan1862Apollo.As ofSept. 15, 1991, its orbit elements
are a D 1:4524 AU, e D 0:4846; i D 19:580 deg, Ä D 359:599 deg,
! D 68:708 deg, and M D 328:08 deg (Ref. 5). This asteroid will
approach the Earth to within 0.04 AU, or 15 lunar distances,
on Sept. 19, 1998. It is assumed for the following example that
launch from Earth takes place six months before the close ap-
proach, that is, on March 19, 1998. The true longitude of the
Earth on that date is 177.21 deg. This is illustrated in Fig. 7. For
this second example (referred to in Table 2 as case N), we as-
sume that Finitial D 0:14 AU/TU2 D 8:46 ¢ 10¡5 g, Isp D 4000 s, and
v1=E D 0:0333 AU/TU D 0:9807 km/s. Note that the initial thrust
acceleration has been increased by 40%, but the hyperbolic excess
velocitydecreasedby 67% comparedwith the previous interception
of 1862 Apollo.

The resulting optimal trajectory is shown in Fig. 8. The time of
� ight is 2.5096 TU D 145.9 days. The time histories of the inter-
ceptor orbit semimajor axis, eccentricity,and inclinationare shown
in Figs. 9–11. The in-(orbit)-plane and out-of-plane thrust pointing
angles are shown in Figs. 12 and 13. The abscissa indicates node
position,but this is linearlyproportional to time, with the 80th node
corresponding to the � nal time of 2.5096 TU.

Optimal trajectoriesfor interceptionof 1991 RB have been deter-
mined for several different combinationsof speci� c impulse, initial
thrust acceleration, and hyperbolic excess velocity. The results are
summarized in Table 2. The initial acceleration(in unitsof AU/TU2/
is the initial value of F , whose time variation is given by Eq. (8).
The � nal accelerationprovided in Table 2 allows the amount of pro-
pellantused on each trajectory to be calculated,as shown in the next
section. The v1=E or hyperbolic excess velocity of escape is shown
in each case, with 0.0988 AU/TU D 2.94 km/s, just what is required
for a Hohmann transfer to Mars, as mentionedearlier. It results from
an impulse applied in low Earth orbit, usually by the upper stage of
the launch vehicle, and was chosen so that we may assume that the
asteroid interceptor may be launched with an existing rocket. The

Table 2 Variation of � ight time with initial thrust acceleration,
speci� c impulse, and hyperbolic excess velocity (of Earth escape)

Initial v1=E ; Flight time, Final
Case acceleration Isp , s AU/TU days acceleration

K 0.140 2000 0.0988 136.57 0.280
M 0.140 4000 0.0988 140.29 0.188
H 0.160 2000 0.0988 129.41 0.349
J 0.170 2000 0.0988 123.55 0.377
N 0.140 4000 0.0330 145.89 0.191
P 0.070 4000 0.0330 166.95 0.083
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Fig. 8 Optimal trajectory for the interception of asteroid 1991 RB.

Fig. 9 History of the semimajor axis of the interceptor orbit shown in
Fig. 7.

Fig. 10 History of the eccentricity of the interceptor orbit shown in
Fig. 7.

smaller v1=E assumed for cases N and P implies either launch with
a smaller rocket or that the interceptor spacecraft is more massive
than is assumed for the other cases.

Comparison with a One-Impulse Interception
The advantageof using continuouslow-thrust propulsion is most

apparent when the impulsive 1v required to duplicate the mission
is determined. For the case described in the preceding paragraph
(case N), the interception of 1991 RB, the time of � ight, the date
of departure (given in the preceding section), and the positions of
departure and arrival are known. Determining the conic that con-
nects these two points, in the same time of � ight as for the low-
thrust trajectory,but using impulsivevelocity changes, is a Lambert
problem. Solving Lambert’s equation yields the semimajor axes of

Fig. 11 History of the inclination of the interceptor orbit shown in
Fig. 7.

Fig. 12 History of the in-planethrust pointingangle for the interceptor
orbit shown in Fig. 7.

the elliptic sections connecting these two points in the given � ight
time.17

The trajectory with minimum required 1v has a semimajor
axis a D 1:3197 AU. In terms of the Cartesian coordinate ba-
sis shown in Fig. 8 (in which the x – y plane is the ecliptic plane
and the x axis points toward the � rst point in Aries), the helio-
centric departure velocity vector required for a one-impulse inter-
ception is Nv1 D [0:0931; ¡1:040; ¡0:3883]. The velocity of the
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Fig. 13 History of the out-of-plane thrust pointing angle for the inter-
ceptor orbit shown in Fig. 7.

Earth on the date of departure is NvE D [¡ sin µE ; cosµE ; 0] D
[¡0:04857; ¡0:99882; 0]. Case N assumes that the spacecraft is
given an impulse in low Earth orbit that yields a Nv1=E with mag-
nitude 0.033 (D0.98 km/s) and that the direction of the v-in� nity
vector may be chosen by the optimizer, i.e., that the optimizer may
choose the point over the Earth’s surface that will be the perigee
for the escape hyperbola. For an equitable comparison between the
impulsive/low-thrust optimal trajectory and an all-impulsive trajec-
tory, it must be assumed that the spacecraft using only impulsive
thrust has the same v-in� nity magnitude. Because the total velocity
change required is in the direction of the vector Nv1 ¡ NvE , it is obvi-
ously optimal to have the small Nv1=E in this direction. The single
impulse that will place the spacecrafton the Lambert conic thus has
magnitude j Nv1 ¡ NvE j ¡ j Nv1=E j D 0:382 D 11:37 km/s.

This is a very substantial 1v, too large to be performed by a
single-stage vehicle. As an example, if the impulse is provided by
an optimal two-stage vehicle with engine speci� c impulses of 375 s
and structural coef� cient " D 0:12 for each stage, the mass ratio at
burnout of each stage becomes 4.689 and thus the � rst stage will
have a mass of 79.59 times the payload mass and the second stage
will havea massof 8.43 times the payloadmass.17 The rocketmass is
thus 88.03 times the payloadmass. For an optimal two-stagevehicle
consistingof a � rst stage having the characteristicsof a Centaur RL
10A-4 (" D 0:116 and Isp D 451 s) and a secondstage characteristic
of a solid rocket motor (" D 0:10 and Isp D 290 s), the � rst stage
will have a mass of 68.98 times the payload mass and the second
stage 5.12 times the payload mass. The rocket mass is thus 74.10
times the payload mass. These two examples are intended to show
only that a two-stage vehicle performing the same mission as the
low-thrust spacecraft will be very massive, on the order of 75–90
times the mass of the payload.

In comparison, for the low-thrust trajectory of case N,

� nal thrust acceleration

initial thrust acceleration
D

m0

m0 ¡ mFUEL
D

0:191

0:140

so that the mass of the fuel used by the low-thrustmotor is approxi-
mately 27% of the total initial mass of the vehicle.The current tech-
nology for electric propulsionis exempli� ed by the New Millenium
DS-1 spacecraft, which produces 90 mN of thrust using 2.6 kW; it
has a 71-kg power subsystemand 56 kg of ion propulsionhardware
and structure, or approximately 1.4 kg of propulsion-relatedhard-
ware per mN of thrust.18 The initial thrust accelerationfor case N of
Table2 is 0.14 in dimensionlessunitsor 8:46£10¡5 g or 0.83 mN/kg
of initial mass. Thus with the technology used in the DS-1 space-
craft the asteroid interceptor would require 1:4.0:83/ D 1:17 kg of
propulsion hardware plus 0.30 kg of fuel and tankage/kilogram of
initial mass, i.e., the mission is infeasible.

A trajectory employing a smaller thrust, such as that of case P
of Table 2, is feasible today; it would require only 1:4.0:415/ D
0:58 kg of propulsionhardware plus 0.17 kg of fuel and tankageper
kilogram of initial mass, leaving approximately 25% of the initial
mass for payload.Because the � ight time for case P, which uses half
of the intitial thrust accelerationof case N, is only 11% greater than
that for case N, this is an attractive alternative. If we may assume
that the technology will improve, reducing propulsion hardware to
a mass fraction of perhaps 0.85 kg/mN from the 1.4 kg/mN needed
for DS-1, a mission such as that of case N becomes just feasible and
the case P mission payloadfraction increasesfrom 25 to 48%. Thus,
albeit for a simpli� ed analysis, the low-thrust asteroid interception
vehiclepayload shouldbe a minimum of 25% of initial (postescape)
mass with reasonable and even expected improvements in electric
propulsion technology improving this to perhaps as much as 48%.
The corresponding� gure for chemical propulsionusing a two-stage
rocketis 1–2% with much less likelihoodof signi� cant improvement
because the technology is mature.

Conclusions
The method of collocationwith nonlinear programming has suc-

cessfully solved the problem of � nding minimum-time low-thrust
trajectoriesfor the interceptionofEarth-approachingasteroids.Con-
tinuous low-thrust propulsion provides a dramatic reduction in the
amount of propellant required for the delivery of a given payload
mass. The difference is so signi� cant that, even if the low-thrust
motor speci� c impulse is not as good as assumed, or the electric
propulsion hardware more massive, or the chemical rocket perfor-
mance and structural fraction better than assumed, this result will
not change.

The combined impulsive/low-thrust trajectoryused in this analy-
sis, in which the impulse is used only for Earth departure to reduce
the long � ight time that would be required for a low-thrust escape
from Earth orbit, appears to be very suitable for the cases used as
examples here, in which launch takes place four to six months be-
fore the predicted close approach of the asteroid. If the danger of
collision is known much earlier, a trajectory that uses only low-
thrust propulsion may be feasible and would likely have additional
advantages in total propellant required.

Future research might include the variation with distance from
the sun of available power, and hence speci� c impulse for a solar-
powered spacecraft, might require optimal rendezvous rather than
interception,and, insteadof minimizing� ight time,mightmaximize
the miss distance at Earth, which is the ultimate objective.
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